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1
AXTAL STAGE COMBUSTOR FOR GAS
TURBINE ENGINES

FIELD OF THE INVENTION

This invention relates generally to gas turbine engines and,
more particularly, to a combustor for a gas turbine engine and
a method for operating a combustor for a gas turbine engine.

BACKGROUND OF THE INVENTION

Gas turbine engines, such as those used to power modern
aircraft or in industrial applications, include a compressor for
pressurizing a supply of air, a combustor for burning a hydro-
carbon fuel in the presence of the pressurized air, and a
turbine for extracting energy from the resultant combustion
gases. Generally, the compressor, combustor and turbine are
disposed about a central engine axis with the compressor
disposed axially upstream of the combustor and the turbine
disposed axially downstream of the combustor.

An exemplary combustor features an annular combustion
chamber defined between a radially inboard liner and a radi-
ally outboard liner extending aft from a forward bulkhead.
The radially outboard liner extends circumferentially about
and is radially spaced from the inboard liner, with the com-
bustion chamber extending fore to aft therebetween. Exem-
plary liners are double-wall structured, having an inner heat
shield and an outer support shell. Combustion air admission
holes penetrate the outboard liner and the inboard liner to
admit combustion air into the combustion chamber along the
length of the combustion chamber. A plurality of circumfer-
entially distributed fuel injectors and associated swirlers or
air passages is mounted in the forward bulkhead. The fuel
injectors project into the forward end of the combustion
chamber to supply the fuel. The swirlers impart a swirl to inlet
air entering the forward end of the combustion chamber at the
bulkhead to provide rapid mixing of the fuel and inlet air.
Commonly assigned U.S. Pat. Nos. 6,240,731; 6,606,861;
6,810,673 and 7,093,441, the entire disclosures of which are
hereby incorporated herein by reference as if set forth herein,
disclose exemplary prior art annular combustors for gas tur-
bine engines.

Combustion of the hydrocarbon fuel in air inevitably pro-
duces oxides of nitrogen (NOx). NOx emissions are the sub-
ject of increasingly stringent controls by regulatory authori-
ties. One combustion strategy for minimizing NOx emissions
from gas turbine engines is referred to as rich burn, quick
quench, lean burn (RQL) combustion. The RQL combustion
strategy recognizes that the conditions for NOx formation are
most favorable at elevated combustion flame temperatures,
i.e. when the fuel-air ratio is at or near stoichiometric. The
combustion process in a combustor configured for RQL com-
bustion has two governing states of combustion: a first state in
the forward portion of the combustor that is stoichiometri-
cally fuel-rich and a second state in a downstream portion of
the combustor that is stoichiometrically fuel-lean. In conven-
tional practice, all of the fuel is admitted through the plurality
of fuel and air admission assemblies disposed in the bulkhead
thereby establishing a forward combustion zone in the com-
bustion chamber. A portion of the combustion air is admitted
with the fuel into the forward combustion zone, another por-
tion of combustion air is admitted downstream of the forward
combustion zone to rapidly quench and dilute the combustion
products, and additional air is admitted to the combustion
chamber downstream of the quench zone to further dilute the
combustion products.
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Conventional annular combustors for aircraft gas turbine
engines employing the RQL combustion process typically are
more effective in reducing NOx emissions during high power
engine operating conditions, such as experienced during take-
off and climb, than during low and moderate power engine
operating conditions, such as experienced during approach,
idle, and cruise. At high power, the forward combustion zone
is operated fuel-rich, but at low and moderate power, the
forward combustion zone is operated closer to stoichiometric
fuel to air ratios. Accordingly, a desire exists for a gas turbine
combustor that exhibits effective NOx emission reduction
performance over the entire range of engine operating condi-
tions, including cruise.

SUMMARY OF THE INVENTION

A combustor for a gas turbine engine includes a radially
inboard liner, a radially outboard liner, and a bulkhead that
cooperatively define an annular combustion chamber, a plu-
rality of first fuel injectors that are disposed in the bulkhead,
and a plurality of second fuel injectors that are disposed in at
least one of the inboard liner and the outboard liner aftward of
the bulkhead.

In an embodiment, the radially inboard liner extends cir-
cumferentially and fore to aft longitudinally, the radially out-
board liner extends circumferentially and fore to aft longitu-
dinally and circumscribing the inboard liner, and the annular
bulkhead having circumferential expanse and radial expanse
and extending between a forward end of the inboard liner and
a forward end of the outboard liner. The plurality of first fuel
injectors are arranged in the bulkhead to inject fuel generally
longitudinally into a forward combustion zone in a forward
region of the combustion chamber and the plurality of second
fuel injectors are arranged in the at least one of the inboard
liner and the outboard liner to inject fuel generally radially
inward, and optionally with a tangential component, into a
downstream combustion zone in a downstream region the
combustion chamber. The number of the plurality of second
fuel injectors is greater than the number of the plurality of first
fuel injectors. In an embodiment, the number of the plurality
of second fuel injectors may be between two to six times the
number of the plurality of first fuel injectors.

In an embodiment, the plurality of second fuel injectors are
arranged in the outboard liner. In an embodiment, the second
fuel injectors are arranged in a circumferential ring in circum-
ferentially spaced relationship. In an embodiment, the second
fuel injectors are arranged in a first circumferential ring and a
second circumferential ring disposed in longitudinally
spaced relationship, with the second fuel injectors disposed in
circumferentially spaced relationship within each of the first
and second circumferential rings. The second fuel injectors
disposed in the second circumferential ring may be disposed
in staggered relationship relative to the second fuel injectors
disposed in the first circumferential ring.

In an embodiment, a plurality of first combustion air
admission holes penetrate the at least one of the inboard liner
and the outboard liner and a plurality of second combustion
air admission holes penetrate the at least one of the inboard
liner and the outboard liner. The first combustion air admis-
sion holes are disposed in a circumferential ring located for-
ward of the plurality of second fuel injectors and the second
combustion air admission holes are disposed in a circumfer-
ential ring located aft of the plurality of second fuel injectors.
A plurality of air admission swirlers are disposed in the bulk-
head in operative association with the plurality of first fuel
injectors, with each air admission swirler disposed about a
respective one of the plurality of first fuel injectors. A plural-
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ity of main combustion air admission devices is disposed in
operative association with the plurality of second fuel injec-
tors, thereby forming an equal number of main fuel/air admis-
sion assemblies.

A method is provided for operating a gas turbine combus-
tor defining a combustion chamber having an aft exit. The
method includes the steps of: combusting a first flow of fuel
and a first flow of combustion air in a forward region of the
combustor thereby establishing a forward combustion zone
within the combustion chamber; combusting a second flow of
fuel and a second flow of combustion air in the combustor aft
of'the forward combustion zone thereby establishing a down-
stream combustion zone within the combustion chamber; and
admitting a third flow of combustion air into the combustion
chamber into an aft zone downstream of the downstream
combustion zone. The method may include the further step of
admitting a fourth flow of combustion air into the combustion
chamber into an intermediate zone between the forward com-
bustion zone and the downstream combustion zone.

During low power operation of the gas turbine engine, the
method may include the step of establishing a fuel-rich com-
bustion environment in the first combustion zone. During
cruise and high power operation of the gas turbine engine, the
method may include the step of establishing a fuel-lean com-
bustion environment in both the first combustion zone and the
second combustion zone. In an embodiment, the method
includes the further step of selectively distributing air flow to
the combustor as follows: 5% to 15% as the first flow of
combustion air admitted into the forward combustion zone;
40% to 65% as the second flow of combustion air admitted
into the downstream combustion zone; and 5% to 25% as the
third flow of combustion air admitted into the aft zone. The
method may further include the step of selectively distribut-
ing up to 10% of the air flow to the combustor as the fourth
flow of combustion air admitted to the intermediate zone.

A method is disclosed for operating an aircraft gas turbine
engine combustor defining a combustion chamber having an
aft exit. The method includes the steps of: combusting a first
flow of fuel and a first flow of combustion air in a forward
region of the combustor thereby establishing a forward com-
bustion zone within the combustion chamber; combusting a
second flow of fuel and a second flow of combustion air in the
combustor aft of the forward combustion zone thereby estab-
lishing a downstream combustion zone within the combus-
tion chamber; and at low power operation of the gas turbine
engine, selectively distributing the fuel being supplied to the
combustor between the forward combustion zone and the
downstream combustion zone with 40% to 100% as the first
flow of fuel and with 0% to 60% as the second flow of fuel.
During engine idle, the method includes the step of selec-
tively distributing the fuel being supplied to the combustor
between the forward combustion zone and the downstream
combustion zone with 80% to 100% as the first flow of fuel
and with 0% to 20% as the second flow of fuel. During engine
approach, the method includes the step of selectively distrib-
uting the air being supplied to the combustor between the
forward combustion zone and the downstream combustion
zone with 40% to 85% as the first flow of fuel and with 15%
to 60% as the second flow of fuel.

At higher power operation of the gas turbine engine, the
method includes the step of selectively distributing the fuel
being supplied to the combustor between the forward com-
bustion zone and the downstream combustion zone with 15%
to 25% as the first flow of fuel and with 75% to 85% as the
second flow of fuel. Higher power operation of the gas turbine
engine includes engine operation at cruise, engine operation
at climb, and engine operation at take-off.
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BRIEF DESCRIPTION OF THE DRAWINGS

For a further understanding of the disclosure, reference
will be made to the following detailed description which is to
be read in connection with the accompanying drawing,
where:

FIG. 1 is a schematic view of a longitudinal section of an
exemplary embodiment of a gas turbine engine;

FIG. 2 is a sectioned side elevation view of an exemplary
embodiment of the annular combustor disclosed herein;

FIG. 3 is an elevation view of the forward bulkhead of the
annular combustor looking forward from within the combus-
tion chamber of the annular combustor of FIG. 2; and

FIG. 4 is a schematic diagram of an exemplary embodi-
ment of the combustor disclosed herein illustrating operation
of the combustor in an exemplary mode for controlling NOx
formation.

FIG. 5 is a sectional view of an exemplary combustor
having staggered injectors.

DETAILED DESCRIPTION OF THE INVENTION

Referring initially to FIG. 1, there is shown an exemplary
embodiment of a turbofan gas turbine engine, designated
generally as 100, that includes, from fore-to-aft longitudi-
nally about a central engine axis 150, a fan 102, a low pressure
compressor 104, a high pressure compressor 106, a combus-
tor module 120, a high pressure turbine 108, and a low pres-
sure turbine 110. A nacelle forms a housing or wrap that
surrounds the gas turbine engine 100 to provide an aerody-
namic housing about gas turbine engine. In the turbofan gas
turbine engine 100 depicted in the drawings, the nacelle
includes, from fore to aft, the engine inlet 132, the fan cowl
134, the engine core cowl 136 and the primary exhaust nozzle
cone 140. It is to be understood that the combustor as dis-
closed herein is not limited in application to the depicted
embodiment of a gas turbine engine, but is applicable to other
types of gas turbine engines, including other types of aircraft
gas turbine engines, as well as industrial and power genera-
tion gas turbine engines.

Referring now to FIG. 2, the combustor module 120
includes an annular combustor 30 disposed concentrically
about the engine axis 150 within a pressure vessel defined by
a radially inboard case 122 and a radially outboard case 124.
A bulkhead 34 is disposed at a forward end of the annular
combustion chamber 32 longitudinally opposite a combustor
exit 90 at an aft end of the annular combustion chamber 32.
The bulkhead 34 has a radial expanse and a circumferential
expanse. The combustion chamber 32 of the annular combus-
tor 30 is bounded by a radially inboard liner 36, a radially
outboard liner 38, and the forward bulkhead 34 that extends
between the respective forward end of the inboard liner 36
and the forward end of the outboard liner 38. The inboard
liner 36 and the outboard liner 38 extend circumferentially
about the longitudinal axis 150 of the gas turbine engine and
extend longitudinally fore-to-aft from the forward bulkhead
34 to the combustor exit. The outboard liner 38 is spaced
radially outward from and coaxially about the inboard liner
36 and circumscribes the inboard liner 36.

In the exemplary embodiment depicted in FIG. 2, the
inboard liner 36 and the outboard liner 38 have a double-wall
structure with a support shell and associated heat shields. The
inboard liner 36 comprises a single piece support shell 40 and
forward and aft inner heat shields 42, 44 secured by fasteners
46 to respective forward and aft portions of the support shell
40. Similarly, the outboard liner 38 comprises a single piece
support shell 48 and forward and aft inner heat shields 50, 52
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secured by fasteners 46 to respective forward and aft portions
of'the support shell 48. The heat shields 42, 44, 50, 52 may be
formed as a circumferential array of actuate panels. The
inboard and outboard liner 36, 38 may have a plurality of
cooling air holes (not shown), including, for example,
impingement cooling holes and film cooling holes, penetrat-
ing through the support shell and heat shields as in conven-
tional practice. Exemplary liner and heat shield constructions
are described and shown in commonly assigned U.S. Pat. No.
7,093,439, the entire disclosure of which is hereby incorpo-
rated herein by reference as if set forth herein. Other embodi-
ments, including single-wall liners, are still within the spirit
and scope of the invention.

Referring now also to FIG. 3, a plurality of first fuel injec-
tors 54 and associated air swirler assemblies 56 open to the
annular combustion chamber 32 through the bulkhead 34 for
injecting fuel generally longitudinally into the annular com-
bustion chamber 32 into a swirling flow of air, thereby estab-
lishing a forward combustion zone 60 within the annular
combustion chamber 32. The plurality of first fuel injector
constitute pilot fuel injectors that are designed, together with
the associated air swirler assemblies 56, in a manner well-
known in the art, to establish a stable flame. One or more
igniters (not shown) may be provided in operative association
with the plurality of first fuel injectors 54 for igniting the fuel
and air mixture admitted into the forward combustion zone
60. The plurality of first fuel injectors 54 and associated air
swirler assemblies 56 may be disposed in a circumferential
ring 58 extending about the circumferential expanse of the
bulkhead 34 such as illustrated in FIG. 3.

A plurality of second fuel injectors 62 are disposed in at
least one of the inboard liner 36 and the outboard liner 38
aftward of the bulkhead 34. Additionally, a plurality of main
combustion air admission devices 66 are disposed in opera-
tive association with the plurality of second fuel injectors 62
to form an equal number of main fuel/air admission assem-
blies. Each main fuel/air admission assembly includes one
second fuel injector 62 and an associated main combustion air
admission device 66 into which the second fuel injector 62
opens, for example as depicted in FIG. 2. Pressurized air from
within the pressure vessel defined between the inboard and
outboard cases 122, 124 enters each main combustion air
admission device 66 to at least partially mix with the fuel
discharging from the respective second fuel injector 62 with
which the main combustion air admission device 66 is asso-
ciated. The plurality of second fuel injectors 62, together with
their respective associated main combustion air admission
devices 66, are arranged in the at least one of the inboard liner
36 and the outboard liner 38 to inject fuel, in a fuel/air mix-
ture, generally radially inward, and optionally with a tangen-
tial component, into the combustion chamber 32, thereby
establishing a second combustion zone downstream of the
forward combustion zone. The main fuel/air admission
assemblies formed by the second fuel injectors 62 and asso-
ciated main combustion air admission devices 66 may each be
designed to inject a relatively high momentum stream of
fuel/air mixture into the chamber 32 to penetrate the hot
combustion gases passing from the forward combustion zone
60 downstream through the combustion chamber to the com-
bustor exit 90. As will be discussed further hereinafter, during
high power operation of the gas turbine engine, the down-
stream combustion zone 64 serves as the primary combustion
zone into which a majority of the fuel being supplied to the
combustion chamber 32 is injected. To accommodate the
higher fuel flow rates associated with high power operation of
the gas turbine engine, the number of the plurality of second
fuel injectors 62 may be greater than the number of the plu-
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rality of first fuel injectors 54. In an embodiment, the number
of the plurality of second fuel injectors 62 may be between
two to six times the number of the plurality of first fuel
injectors 62.

Inthe exemplary embodiment of the depicted in FIG. 2, the
plurality of second fuel injectors 62 are arranged only in the
outboard liner 38. In general, the radially outboard liner 38 is
suitable for incorporation of the second fuel injectors 62 since
it is feasible to dispose the fuel manifolding for supplying the
fuel to the second fuel injectors 62 externally of the radially
outboard casing 124. In an embodiment, the second fuel
injectors 62 are arranged in a circumferential ring in circum-
ferentially spaced relationship about the circumferential
expanse of the radially outboard liner 38. In an embodiment,
the second fuel injectors 62 are arranged in a first circumfer-
ential ring and a second circumferential ring disposed in a
longitudinally spaced relationship, with the second fuel injec-
tors disposed in circumferentially spaced relationship within
each of the first and second circumferential rings. The second
fuel injectors 62 disposed in the second circumferential ring
may be disposed in a staggered relationship relative to the
second fuel injectors 62 disposed in the first circumferential
ring as shown in FIG. 5.

As noted before, a plurality of air admission swirlers 56 are
disposed in the bulkhead 34 in operative association with the
plurality of first fuel injectors 54 to form a plurality of pilot
fuel/air admission assemblies through which a first flow of
fuel and a first flow of combustion air is introduced into the
forward region of the combustion chamber 32. For example,
each air admission swirler 56 may be disposed about a respec-
tive one of the plurality of first fuel injectors 54, as in con-
ventional practice. Additionally, a second flow of fuel and a
main flow of combustion air are introduced into the down-
stream combustion zone 64 through the main fuel/air admis-
sion assemblies formed by the plurality of main combustion
air admission devices 66 disposed in operative association
with the plurality of second fuel injectors 62.

Additionally, a plurality of aft combustion air admission
holes 70 is provided which penetrate at least one or both of the
inboard liner 36 and the outboard liner 38. The aft combustion
air admission holes 70 are disposed in a circumferential ring
located aft of the plurality of second fuel injectors 62 and the
plurality of main combustion air admission devices 66. A
third flow of combustion air enters an aft zone 84 of the
combustion chamber 32 downstream of the downstream com-
bustion zone 64. Further, a plurality of intermediate combus-
tion air admission holes 68 may be provided which penetrate
at least one of or both of the inboard liner 36 and the outboard
liner 38. The intermediate combustion air admission holes 68
are disposed in a circumferential ring located forward of the
plurality of second fuel injectors 62 and the plurality of main
combustion air admission devices 66 for admitting a fourth
flow of combustion air into the combustion chamber 32 into
an intermediate zone 72 between the forward combustion
zone 60 and the downstream combustion zone 64.

Referring now to FIG. 4 in particular, a method is disclosed
herein for operating a gas turbine combustor defining a com-
bustion chamber 32 having an aft exit 90. The method
includes the steps of: combusting a first flow of fuel 74 and a
first flow of combustion air 76 in a forward region of the
combustor thereby establishing a forward combustion zone
60 within the combustion chamber 32, combusting a second
flow of fuel 78 and a second flow of combustion air 80 in the
combustor aft of the forward combustion zone 60 thereby
establishing a downstream combustion zone 64 within the
combustion chamber 32, and admitting a third flow of com-
bustion air 82 into the combustion chamber 32 into an aft zone
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84 downstream of the downstream combustion zone 64. In an
embodiment, the method may include the further step of
admitting a fourth flow 86 of combustion air into the com-
bustion chamber into an intermediate zone 72 between the
forward combustion zone 60 and the second combustion zone
64.

During low power operation of the gas turbine engine, the
method may include the step of establishing a fuel-rich com-
bustion environment in the forward combustion zone 60.
During high power operation of the gas turbine engine, the
method may include the step of establishing a fuel-lean com-
bustion environment in both the forward combustion zone 60
and the downstream combustion zone 64. The method may
include the further step of selectively distributing air flow to
the combustor as follows: 5% to 15% as the first flow 76 of
combustion air admitted into the forward combustion zone
60; 40% to 65% as the second flow 80 of combustion air
admitted into the downstream combustion zone 64; and 5% to
25% as the third flow 82 of combustion air admitted into the
aft zone 84. The method may further include the step of
selectively distributing up to 10% of the air flow to the com-
bustor as the fourth flow 86 of combustion air admitted to the
intermediate zone 72.

The method disclosed herein is particularly suited for con-
trolling NOx emission for application to a combustor of a gas
turbine engine powering an aircraft. In an embodiment of the
disclosed method for operating an aircraft gas turbine engine
combustor defining a combustion chamber 32 having an aft
exit 90, the method includes the steps of: combusting a first
flow of fuel 74 and a first flow 76 of combustion air in a
forward region of the combustor thereby establishing a for-
ward combustion zone 60 within the combustion chamber 32;
combusting a second flow 78 of fuel and a second flow 80 of
combustion air in the combustor aft of the forward combus-
tion zone 60 thereby establishing a downstream combustion
zone 64 within the combustion chamber 32, and at low power
operation of the gas turbine engine, selectively distributing
the fuel being supplied to the combustor between the forward
combustion zone 60 and the downstream combustion zone 64
with 40% to 100% as the first flow 74 of fuel and with 0% to
60% as the second flow 78 of fuel.

During engine idle, the method includes the step of selec-
tively distributing the fuel being supplied to the combustor
between the forward combustion zone 60 and the downstream
combustion zone 64 with 80% to 100% as the first flow 74 of
fuel and with 0% to 20% as the second flow 78 of fuel. During
engine approach, the method includes the step of selectively
distributing the fuel being supplied to the combustor between
the forward combustion zone 60 and the downstream com-
bustion zone 64 with 40% to 85% as the first flow 74 of fuel
and with 15% to 60% as the second flow 78 of fuel. At higher
power operation of the gas turbine engine, the method
includes the step of selectively distributing the fuel being
supplied to the combustor between the forward combustion
zone 60 and the downstream combustion zone 64 with 15% to
25% as the first flow 74 of fuel and with 75% to 85% as the
second flow 78 of fuel. Higher power operation of the gas
turbine engine includes engine operation at cruise, engine
operation at climb, and engine operation at take-off.

The gas turbine combustor and the method for operating
the gas turbine combustor as disclosed herein provide for
lower NOx emissions at low, mid and high power operation,
and equivalent weight and operability relative to a typical
conventional gas turbine combustor. The gas turbine combus-
tor and operation disclosed herein provide facilitate control of
NOx formation through shifting of fuel during operation. At
low power, such as idle and approach, the forward combus-
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tion zone 60, is robustly fueled to establish a fuel-rich com-
bustion environment so that ignition, combustion stability,
and low emissions at idle, including emissions of carbon
monoxide and unburned hydrocarbons, are achieved. When
power increases, e.g. during cruise, climb and take-off, fuel
flow to the downstream combustion zone 64, i.e. the main
combustion zone, increases and fuel flow to the forward com-
bustion zone 60 decreases whereby both combustion zones
operate fuel lean in order to control NOx formation. The
increased temperature of the combustion gases from the for-
ward combustion zone 60 flowing across the downstream
combustion zone 64, into which the second flow of fuel 78
penetrates, helps to ensure stable combustion in the down-
stream zone and achievement of high combustion efficiency.

The terminology used herein is for the purpose of descrip-
tion, not limitation. Specific structural and functional details
disclosed herein are not to be interpreted as limiting, but
merely as basis for teaching one skilled in the art to employ
the present invention. Those skilled in the art will also recog-
nize the equivalents that may be substituted for elements
described with reference to the exemplary embodiments dis-
closed herein without departing from the scope of the present
invention.

While the present invention has been particularly shown
and described with reference to the exemplary embodiments
as illustrated in the drawing, it will be recognized by those
skilled in the art that various modifications may be made
without departing from the spirit and scope of the invention.
Therefore, it is intended that the present disclosure not be
limited to the particular embodiment(s) disclosed as, but that
the disclosure will include all embodiments falling within the
scope of the appended claims.

I claim:

1. A combustor for a gas turbine engine comprising:

a radially inboard liner extending circumferentially and

fore to aft longitudinally;

a radially outboard liner extending circumferentially and
fore to aft longitudinally, the outboard liner disposed
radially outward from and circumscribing the inboard
liner;

an annular bulkhead having circumferential expanse and
radial expanse and extending between a forward end of
the inboard liner and a forward end of the outboard liner,
the inboard liner, the outboard liner and the bulkhead
cooperatively defining an annular combustion chamber;

a plurality of first fuel injectors disposed in the bulkhead;

a forward combustion zone in a forward region of the
annular combustion chamber, the forward combustion
zone associated with the plurality of first fuel injectors,
the forward combustion zone establishing a fuel-rich
environment during a low power operation of the gas
turbine engine;

a plurality of second fuel injectors disposed in each of the
inboard liner and the outboard liner aftward of the bulk-
head, the plurality of second fuel injectors are arranged
in first and second circumferential rings, fuel injectors in
the second circumferential ring being disposed in stag-
gered relationship relative to fuel injectors in the first
circumferential ring, the plurality of second fuel injec-
tors associated with a downstream combustion zone in a
downstream region of the annular combustion chamber,
both the downstream combustion zone and the forward
combustion zone establishing respective fuel-lean envi-
ronments during a high power operation of the gas tur-
bine engine; and

a plurality of aft combustion air admission holes penetrat-
ing at least one of the inboard liner and the outboard
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liner, the aft combustion air admission holes disposed in

a circumferential ring located aft of the plurality of sec-

ond fuel injectors.

2. The combustor as recited in claim 1 wherein the plurality
offirst fuel injectors are arranged in the bulkhead to inject fuel
generally longitudinally into the forward combustion zone in
the forward region of the combustion chamber and the plu-
rality of second fuel injectors are arranged in each of said
inboard liner and outboard liner to inject fuel generally radi-
ally inward into the downstream combustion zone in the
downstream region of the combustion chamber.

3. The combustor as recited in claim 2 wherein the plurality
of second fuel injectors are arranged to inject fuel generally
radially with a tangential component.

4. The combustor as recited in claim 1 further comprising:
a plurality of intermediate combustion air admission holes
penetrating at least one of the inboard liner and the outboard
liner, the intermediate combustion air admission holes dis-
posed in a circumferential ring located forward of the plural-
ity of second fuel injectors.

5. The combustor as recited in claim 4 further comprising
a plurality of air admission swirlers disposed in the bulkhead
in operative association with the plurality of first fuel injec-
tors, each air admission swirler disposed about a respective
one of the plurality of first fuel injectors.

6. The combustor as recited in claim 5 further comprising
a plurality of main combustion air admission devices dis-
posed in operative association with the plurality of second
fuel injectors for admitting a second flow of combustion air in
association with a flow of fuel admitted through the plurality
of second fuel injectors.

7. The combustor as recited in claim 1 wherein the number
of' the plurality of second fuel injectors is between two to six
times the number of the plurality of first fuel injectors.

8. A gas turbine engine, comprising:

a compressor section;

a turbine section; and

a combustor having

a radially inboard liner extending circumferentially and
fore to aft longitudinally,

a radially outboard liner extending circumferentially
and fore to aft longitudinally, the outboard liner dis-
posed radially outward from and circumscribing the
inboard liner;

anannular bulkhead having circumferential expanse and
radial expanse and extending between a forward end
ofthe inboard liner and a forward end of the outboard
liner, the inboard liner, the outboard liner and the
bulkhead cooperatively defining an annular combus-
tion chamber,

aplurality of first fuel injectors disposed in the bulkhead,

a forward combustion zone in a forward region of the
annular combustion chamber, the forward combus-
tion zone associated with the plurality of first fuel
injectors, the forward combustion zone establishing a
fuel-rich environment during a low power operation
of the gas turbine engine,
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a plurality of second fuel injectors disposed in each of
the inboard liner and the outboard liner aftward of the
bulkhead, the plurality of second fuel injectors are
arranged in first and second circumferential rings,
fuel injectors in the second circumferential ring being
disposed in staggered relationship relative to fuel
injectors in the first circumferential ring, the plurality
of'second fuel injectors associated with a downstream
combustion zone in a downstream region of the annu-
lar combustion chamber, both the downstream com-
bustion zone and the forward combustion zone estab-
lishing respective fuel-lean environments during a
high power operation of the gas turbine engine,

a plurality of aft combustion air admission holes pen-
etrating at least one of the inboard liner and the out-
board liner, the aft combustion air admission holes
disposed in a circumferential ring located aft of the
plurality of second fuel injectors.

9. The gas turbine engine as recited in claim 8 wherein the
plurality of first fuel injectors are arranged in the bulkhead to
inject fuel generally longitudinally into the forward combus-
tion zone in the forward region of the combustion chamber
and the plurality of second fuel injectors are arranged in each
of'said inboard liner and outboard liner to inject fuel generally
radially inward into the downstream combustion zone in the
downstream region of the combustion chamber.

10. The gas turbine engine as recited in claim 9 wherein the
plurality of second fuel injectors are arranged to inject fuel
generally radially with a tangential component.

11. The gas turbine engine as recited in claim 8 wherein the
combustor further has a plurality of intermediate combustion
air admission holes penetrating at least one of the inboard
liner and the outboard liner, the intermediate combustion air
admission holes disposed in a circumferential ring located
forward of the plurality of second fuel injectors.

12. The gas turbine engine as recited in claim 11 wherein
the combustor further has a plurality of air admission swirlers
disposed in the bulkhead in operative association with the
plurality of first fuel injectors, each air admission swirler
disposed about a respective one of the plurality of first fuel
injectors.

13. The gas turbine engine as recited in claim 12 wherein
the combustor further has a plurality of main combustion air
admission devices disposed in operative association with the
plurality of second fuel injectors for admitting a second flow
of combustion air in association with a flow of fuel admitted
through the plurality of second fuel injectors.

14. The gas turbine engine as recited in claim 8 wherein the
second fuel injectors are arranged in a circumferential ring in
circumferentially spaced relationship.

15. The gas turbine engine as recited in claim 8 wherein the
number of the plurality of second fuel injectors is between
two to six times the number of the plurality of first fuel
injectors.



